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INTRODUCTION

This document contains papers related to the NACA Conference on
"The Turbojet Engine for Supersonic Propulsion" held at the lewis
Flight Propulsion Laboratory October 8 and 9, 1953. Much of the mat-
erial presented here was presented in the panel-type discussions of
the conference. In some cases, in order to supplement those discussions,
material not previously presented is included.

A list of the conferees is included.

NATIONAL ADVISORY COMMITTEE
FOR AERONAUTICS
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REQUIREMENTS OF COMPRESSORS FOR HIGH-SPEED AIRCRAFT

By Irving A. Johnsen and Robert O. Bullock

INTRODUCTION

General considerations of the turbojet engine for supersonic-flight
application indicate the desirability of minimum weight and maximum
efficiency in the engine components. It is apparent, therefore, that
compressor research and development should be directed at the attainment
of minimum compressor weight for given air-flow and pressure-ratio
capaclty, while maintaining or increasing, if possible, the efficiency
level. This paper considers the general requirements of compressors
and indicates an approach optimizing the axial-flow-compressor component
of engines for supersonic flight.

GENERAL REQUIREMENTS OF COMPRESSORS

The desirable features of compressors can be conveniently divided
into two categories: (1) mechanical or physical characteristics, and
(2) aerodynamic characteristics. Physically, the compressor should be
small in size and weight, structurally reliable, and simple and inexpensive
to manufacture and maintain. In view of its importance in supersonic
Propulsion, the size and weight aspect will be considered as the principal
obJective in this category of mechanical characteristics. Because of the
degree to which ingenuity in mechanical design influences weight, however,
the aerodynamicist is forced to generalize the weight problem as one of
obtaining a compressor of minimum size. That is, if aerodynamic discoveries
Permit both the diameter and the length of a compressor to be reduced
(in the manner indicated in fig. 1), it is likely that a saving in com-
pressor weight can be realized. This viewpoint will be taken in this
and succeeding papers.

The aerodynamic characteristics with which the compressor designer
1s concerned include pressure ratio per stage, air flow per unit frontal
area, efficiency, and range. The first two of these form the basis for
a reduction in size and weight. That is, compactness can be achieved by
increasing stage pressure ratios (reducing the number of stages required
for a given over-all pressure ratio), and increasing air-flow-handling
capacity (reducing the frontal area for a given air-flow requirement).

A general objective of compressor aerodynamic research can therefore
be stated as the desire to improve pressure-ratio and air-flow charac-
teristics of axial-flow compressors without sacrificing efficiency and
without penalizing the compressor structurally. Initially, this will be
considered as a "design-point" problem. Off-design characteristics,

F 7




2 aanmmy

such as ability to accelerate rapidly and to operate satisfactorily over
a wide range of flight conditions, become extremely important in super-
sonic-propulsion applications. However, this problem is dealt with in
succeeding papers and need not be specifically considered at this time.

CONSIDERATIONS OF HIGH-PERFORMANCE COMPRESSORS

The ability of a compressor to handle high air flows per unit
frontal area is basically a function of the axial Mach number (axial
component of velocity of entering air flow) and the hub-to-tip radius
ratio of the compressor stage. The general relation between these
varisbles is illustrated in figure 2. It is apparent that, in order to
minimize the frontal area of the entrance stage of a multistage axial-
flow compressor, it is desirable to use a maximum flow area and a maximum

axial velocity.

The ability of a compressor to produce a high pressure ratio in a
single stage is to a large degree a function of the Mach number relative
to the rotor blade and the rotor speed. As shown in figure 3, for a
typical design, appreciable increases in pressure ratio can be realized
through increases in relative Mach number and rotational speed. There-
fore, with respect to both air-flow capacity and pressure ratio per
stage it is desirable to utilize high Mach numbers.

A second basic factor that influences stage pressure ratio is "blade
loading." Blade loading for the moment may be considered as the 1ift
obtainable from the airfoil that forms the compressor blade. As shown in
figure 4 for a rotor (without inlet guide vanes) operating at a rotational
speed of 1000 feet per second, substantial gains in pressure ratio can be
realized through increased blade loading.

In compressor design, as in most other fields, the optimizing of
one feature usually results in a sacrifice in some other feature. There-
fore, the parameters that control air-flow capacity and pressure ratio
per stage (axial Mach number, hub-to-tip radius ratio, relative Mach
number, rotational speed, and blade loading) must be reexamined in terms
of their effect on the third important aerodynamic characteristic,
efficiency.

The influence of relative Mach number on efficiency is illustrated
in figure S. For conventional subsonic airfoil shapes, efficiency
remains at a high level until a relative Mach number of the order of
0.7 to 0.8 is reached, after which there is a sharp reduction in effi-
ciency. This situation is analogous to that encountered in conventional
wings and propellers, where serious increases in loss levels occur as
sonic conditions are approached. As a result of this fact, the compres-

sor designer has usually been in the position of sacrificing either air
flow or pressure ratio in order to stay within reasonable efficiency

levels.
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Obviously, then, the first problem confronting the aerodynamicist
in his attempt to optimize compressors is that of extending the Mach
number range over which the blade element can operate efficiently. He
must also establish the exact variation of efficiency or loss with Mach
number so as to give the designer the "design control” necessary to
establish precisely those compromises that he is willing to accept.

The second basic problem in compressor design concerns the factor
of blade loading. As previously discussed, high blade loadings are
desirable with respect to pressure ratio per stage. However, the effect
of loading on efficiency 1s shown in figure 6. Again, a limit appears
to exist above which sacrifices in efficiency must be accepted. It
would be desirable, through a fundamental understanding of the problem,
to extend the range of loading for high efficiency. This poses difficult
problems involving boundary-layer and pressure-gradient phenomena,
however, and there is some question as to the magnitude of gains that
can be achieved. Therefore, for the momertt, the emphasis will be placed
on the problem of determining the variation of loss with loading (as
required for design control), in order to establish a maximum practicable
value of blade loading for design purposes.

Although hub-to-tip radius ratio can be expected to have some effect
on aerodynamic performence, it will be shown later that these limits can
be essentially avoided by proper aerodynamic design. The radius-ratio
problem therefore reduces to one of structural strength. For high-speed,
highly loaded compressors such as are being considered here, this struc-
tural problem is significant. Therefore, in the design of blading and
the selection of rotatiomal speed, the designer must continually be
guided by the mechanical aspects of the problem. He must seek blading
forms that will minimize centrifugal and vibratory stresses, as well as
shapes which are easily machined. These considerations underlie the
discussions in the other bapers on compressor aerodynamics, even though
they are not specifically mentioned.

From the aerodynamic point of view, therefore, the basic problem
facing the compressor designer can be restated as that of utilizing
high relative Mach numbers and high blade loadings, while maintaining
high efficiency levels. Significant strides in this direction have been
made through research. For example, as summarized in figure 7, the range
of relative Mach number over which high efficiencies can be maintained
has been extended to values above Mach number of 1.0. Compressors
operating in this Mach number region have been designated as "transonic"
compressors. The first transonic compressor investigated by the NACA
was designed to operate at a rotor-tip relative inlet Mach number of the
order of 1.1; a photograph of this rotor is shown in figure 8. The per-
formance of this compressor, operating as a complete stage, is shown in
figure 9 and reported in greater detail in references 1 and 2. As can
be seen, the performance characteristics of this initial transonic unit



were very good. A stage pressure ratio of 1.48 was obtained with an

air flow per unit frontal area of approximately 30 pounds per second

per square foot and a peak efficiency of the order of 0.90. In regard

to range, the stage 1s comparable to subsonic compressors. The transonic
compressor, therefore, represents a major advance in the compressor
field, in that it enables the designer simultaneously to increase air-
flow capacity and stage pressure ratio without sacrificing efficiency

or range.

However, the "design control" on this initial transonic compressor
was not as precise as desired; as indicated in figure 9, the pressure
ratio obtained at the peak efficiency or "design point" was higher than
anticipated, and the air flow somewhat less. Obviously, if the tran-
sonic compressor is to be utilized in engine applications, the perfor-
mance of the unit must be predicted rather accurately. Therefore, further
research was initiated at the Lewis laboratory to extend the available

knowledge on the transonic compressor. In the past l% years, a great

deal of this research has been completed. Substantial gains have been
made in basic theory and design control, as well as in the extension

of the experimental experience to single-stage and multistage units that
are well-suited to the needs of the turbojet engine for supersonic pro-
pulsion. The following papers of this compressor aerodynamics discussion
are devoted to a summarization of the information gained through this
research.
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GENERAL CONSIDERATIONS OF MACH NUMBER EFFECTS
ON COMPRESSOR BLADING

By John F. Klapproth

INTRODUCTION

The requirements of high flow capacity and stage pressure ratio,
which contribute to the desired compressor performance for supersonic
aircraft application, can theoretically be met by increasing both the
inlet axial velocity and the rotational speed. However, in order to
take advantage of the higher inlet velocity and rotor speed to improve
the performance over present levels, Mach numbers sbove the current
limit of approximately 0.8 must be utilized. The principal problem
then reduces to that of determining the blade shapes or the stage
design characteristics that permit operation in the transonic and low
superscnic Mach number range without undue sacrifice in efficiency.
The discussion in this paper will describe some of the causes for the
loss in efficiency observed with cascades of current blading and the
approach that has been used in an effort to reduce or eliminate the
usual Mach number restrictions.

HIGH-SPEED FLOW OVER CONVENTIONAL BLADING

Since conventional compressor blading consists of standard airfoil
shapes, the Mach number effects observed with usual subsonic airfoils
can be expected to appear in compressor operation. A typical flow pattern
observed over an isolated subsonic airfoil is shown in figure 1. For a
high subsonic Mach number, the flow accelerates to supersonic velocities
near the leading edge. Because of the curvature of the upper surface,
the flow expands supersonically, producing a region of supersonic flow
which must be decelerated back to the upstream subsonic Mach number.
This deceleration generally takes the form of a normal shock with an
attendant sudden increase in pressure across the shock. For entrance
Mach numbers producing only limited regions of supersonic flow, with
maximum surface Mach numbers of 1.1 or 1.15, the occurrence of the
normal shock does not usually produce a large loss in 1ift or increase
in drag. However, if the maximum surface Mach number exceeds about
1.25, the normal shock generally is accompanied by a pronounced separa-
tion, with an attendant loss in 1ift and very large increases in drag.

The Mach number effects observed in a cascade of blades are similar
to those of an isolated airfoil (fig. 2). The effect of cascading, how-
ever, produces a section of minimum area, which limits the maximum mass
flow that can be passed through the cascade. This area restriction

T
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forces the cascade to operate at an angle of attack, resulting in a pro-
nounced supersonic expansion near the leading edge of the blade. In
addition, the static-pressure rise across the cascade produces a larger
change from the minimum pressure to the exit pressure than otherwise
occurs on an isolated airfoil. The combination of these factors leads

to generally more severe losses at high Mach number for the cascade than
for the isolated airfoil. The rapid expansion near the leading edge,

as well as the low exit velocity, is illustrated in figure 3, which shows
a typical velocity distribution over a subsonic airfoil in cascade at
high Mach number.

Schlieren photographs of high-speed flow over a range of Mach number
through a cascade of conventional blades are shown in figure 4. The
tendency to form a shock is observed at an entrance Mach number of 0.75.
Very pronounced shock formations are observed at a Mach number of 0.82,
although flow separation is not severe. At Mach numbers of 0.88 and
above, a very definite flow separation occurs, increasing markedly with
Mach number. These observations are reported for a similar cascade in
reference 1.

The observation that both isolated airfoils and cascades operate
satisfactorily with local regions of supersonic flow indicates that
gupersonic Mach numbers in themselves do not constitute an invariable
1limit. The large static-pressure rise associated with normal shocks
at the higher Mach numbers may reasonably be expected to be the cause
of flow separation. If it is assumed that the pressure or velocity,
distribution existing around an airfoil is the principal factor affect-
ing the blade-row performance, then the problems arise as to (l) the
proper choice of the velocity distribution and (2) the computation of
the blade shape to give the desired distribution. The approximate
determination of the blade shapes for a prescribed velocity distribution
will be discussed in the following section.

BLADE DESIGN

Prescribed velocity distribution. - On the basis of the preceding
discussion, the design should control the velocity change that occurs
through the shock system. However, the accurate determination of the
shock system is questionable; consequently, the control of this velocity
change specifically is difficult to achieve. A more convenient approach
to the design would be to restrict the over-all velocity change on the
suction surface from the peak or maximum velocity to the minimum Or exit
velocity. The velocity change that occurred through the shock system
should then be less than or at most equal to this maximum velocity change.

3078 =4
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A dimensionless parameter used to express the velocity change is
the ratio

vhax - Vmin Vmax v

v - B

exX

ent ent ent

Where Vmax is the maximum velocity; Vent’ the entrance velocity; Vmin’

the minumum velocity; and Vexs» the exit velocity. For isolated alrfolls,
Vex/vént = 1.0; however, for compressor blade rows this term is less than

1.0, and the value of Vmax/Vent must be reduced to maintain the desired

velocity ratio. The velocity ratio and its design use in terms of a
diffusion factor will be discussed more completely in the following paper
(or ref. 2)

The selection of the ratio between the maximum and exit velocities,
as well as the variation of the velocity along the suction surface,
should ideally be based on considerations of the boundary layer. However,
a much easier starting point is to assume the approximate velocity dis-
tribution existing on an airfoil which has good performance characteris-
tics in low-speed cascades. Such a distribution, approximated from the
65-{12)10 airfoil at an angle of attack of 8%, a solidity of 1.00, and
an entrance flow angle of 60° (fig. 56, ref. 3}, is shown in figure 5
plotted against percent of the axial length of the blade. The ratio of
the maximum to exit velocity is held equal to 1.37. Because of the
change in mean velocity occurring across the cascade, the maximum sur-
face velocity for the blade in cascade 1s only 1.12 times the entering
velocity.

Computation of blade shapes. - The accurate computation of the
blade shape is practically impossible for the Mach number range of
interest. The flow field is & mixed supersonic and subsonic field;
and, in addition, the passage or stream-tube height decreases through
the blade row. However, by applying approximate methods, a qualitative
picture may be obtained of the effect of Mach number on blade camber
and thickness distribution.

The approach follows that used in channel-flow solutions (ref. 4),
where the mean channel velocity is assumed equal to an average of the
blade-surface velocities. The pressure difference across the blade is
assumed equal to the rate of change in moment of momentum of the average
velocity. These assumptions have been found reasonably accurate for
high-solidity blade rows, but for solidities below about 1.5, the
results must be considered qualitative. Because of the simplicity of
the method, mixed-flow regimes may be considered. The computational
procedure of reference 4 gives the direction of the mean flow line, the
blade-thickness term, and the required solidity. If the blade mean line
is assumed to follow the flow mean line, then the blade shapes can be

obtained.
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The preceding approach is used to compute the approximate blade
shape for a given prescribed velocity distribution for several relative
entrance Mach numbers. The resulting blade shapes can be used only to
obtain general trends that might be expected from high-speed blading.

For the example, the prescribed velocity distribution of figure 5 is used
with inlet flow angles of 55° and exit angles of 40° and with a constant
axial velocity across the blade row. Blade shapes are determined for
incompressible flow and for inlet Mach numbers of 0.8, 1.2, and 1.4.
Because of the density change across the rotor at the higher Mach numbers,
the required stream-tube height at the blade exit becomes appreciably
smaller than that at the inlet (for the case of a Mach number of 1.4,

the ratio of the exit to inlet stream-tube height is only 0.67).

3078~ A4

The blade shapes obtained for the example are shown in figure 6. For
incompressible flow, the blade resembles the conventional subsonic airfoil,
with the exception that the leading-edge radius is small. Because of the
assumption of similar mean velocity and loading distribution, the mean
lines for all Mach numbers are very similar. The principal effect of the
increased Mach number is the reduction in the maximum blade thickness,
as might be expected from single airfoil theory. The position of maxi-
mum thickness shifts slightly toward the rear of the blade with increas-
ing Mach number, so that at a relative entrance Mach number of 1.2, the
thickness distribution is nearly symmetrical. The mean line of the blade
is close to a circular arc; consequently, the blade shape for a Mach
number of 1.2 can be approximated closely by the double circular-arc-type
airfoil.

The solidity necessary to maintain the prescribed velocity ratios
increased very slightly with Mach number, ranging from 1.04 for the
incompressible case to 1.08 for a Mach number of 1.4.

EXPERTMENTAL RESULTS

Compressor blade shapes similar to those cbtained in the example have
been experimentally investigated over a range of inlet Mach number as
single-stage rotors. Blade shapes very close to the double circular arc
were used in a rotor having a design tip speed of 1000 feet per second and
a tip relative Mach number of 1.1. The performance for this rotor is
shown in figure 7. The rotor gave good performance at design speed and
showed no sacrifice in part-speed operation due to the small leading-edge
radii (refs. S5 and 6).

Blade shapes similar to that obtained for the inlet Mach number of
1.4 were used in the design of a compressor having a design tip speed of
1400 feet per second. The performance of this rotor is shown in figure 8.
Here again, acceptable efficiencies were obtained at the higher tip speeds
with no significant sacrifice in part-speed performance. The low values
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of mass flow per unit frontal area are due to the high inlet hub-tip ratio
of 0.7. At maximum-efficiency design-speed operation, the stator-entrance
Mach number was less than 0.85 and the stator-entrance angle was about
45°, The exit distribution was similar to that obtained in the usual
transonic rotors, and stator design was not considered a serious problem.

The effect of Mach number on over-all performance may be illustrated
by figure 9, where the rotor efficiency is plotted as a function of tip
relative Mach number. On the basis of the limited data available, the
effect of Mach number on efficiency will be small if adequate care is
taken in using blade shapes and solidities to limit the maximum velocities
occurring on the blade surfaces. The very significant increase in stage
pressure ratio available by use of the increased relative Mach numbers
and higher rotor speeds is also illustrated.

CONCLUSIONS

On the basis of limited experimental results, the control of the
blade~-surface velocity extremes appears to be a more critical factor
in the design of high-speed compressor blading than an isolated Mach
number effect. Efficient operation of compressors with relative Mach
numbers to 1.4 has been obtained.

By use of a very approximate design method to obtain a qualitative
picture of the effect of Mach number on blade shapes, the following
Observations were made:

1. The stream-tube height across the blade row must be appreciably
reduced for higher Mach numbers.

2. A double circular-arc airfoil approximates the blade shape
obtained for Mach numbers of about 1.2.

3. The principle effects of increasing Mach number were to reduce
the blade thickness, shift the position of maximum thickness toward the
rear of the blade, and increase the solidity slightly.
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HIGH-SPEED FLOW OVER ISOLATED AIRFOIL
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FLOW CHARACTERISTICS OF COMPRESSOR BLADE ELEMENTS

By Seymour Lieblein

INTRODUCTION

The paper by Klapproth discusses some of the problems and accomplish-
ments associated with the development of compressor blading for rotor
operation at transonic relative inlet Mach numbers. The present paper
discusses several additional flow characteristics of compressor blade
elements and presents some recent results obtained from an analysis of
these characteristics. The principal blade-element characteristics
discussed are: (1) the design angle of incidence (similar to angle
of attack of a wing), (2) the magnitude of the loss in total pressure
across the blade, and (3) the blade devimtion angle, which determines
the direction of the outlet air. The basic parameters defining the flow
across blade elements are illustrated in figure 1.

With regard to research, the approach to the problem of obtaining
good design control involves a detailed analysis of the basic flow
phenomena in compressor blade elements. From this fundamental under-~
standing of the flow can then be evolved a series of empirical correlations
and analytical relations that describe the variation of the principal
flow characteristics and limitations over a wide range of operating con-
ditions. At the same time, techniques must be developed for incorporating
this information into the compressor design procedure in a simple and
accurate manner.

DESIGN INCIDENCE ANGLE

Experiences with compressor blade sections have shown that & con-
siderable reduction in the low-loss range of operation occurs as the
inlet Mach number is increased into the transonic range. Typical examples
of the variation of total-pressure loss coefficient with air incidence
angle in the tip region of a transonic-compressor rotor blade at increas-
ing levels of relative inlet Mach number are shown in figure 2. Each
curve represents the range of operation at a given rotor wheel speed.

The Mach numbers shown in the figure are the values at the points of
minimum loss. Total-pressure loss coefficient is defined as the ratio
of the relative drop in total pressure across the blade to the difference
between total and static pressure at the inlet to the blade (see ref. 1).
It can be readily seen from the figure that in the transonic range of
inlet Mach number, the design incidence angle must be known within

very close tolerances if minimum loss is to be obtained. (Design in-
cidence angle is defined as the incidence angle at minimum loss

coefficient.)
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The reduction in range of operation at the higher Mach number levels
is a result of compressibility effects on the blade sections. Because of
the high values of inlet Mach number, small variations in the inlet flow
direction above and below the best approach angle result in very rapid
accelerations of the flow around the leading edge of the blade, with the
subsequent formation of strong shocks and flow separation. Limited
experimental data from transonic rotors indicate a small gradual increase
in the magnitude of the minimum loss angle of incidence as the Mach number
is increased above values of about 0.75 to 0.85 (fig. 2). However, in the
absence of practical theory describing the veloclty distributions in the
approach and inlet regions of the blade element in the transonic range,
these high-speed characteristics cannot be accurately determined. (The
calculation methods used in the paper by Klapproth are not sufficiently

accurate for this problem.)

Some general observations can be made, however, from an examination
of the problem. For blade configurations involving high solidities and
low blade-chord angles, as is the case for the hub region of a rotor, the
necessity of angles of incidence of several degrees positive becomes
apparent from an inspection of the variation of the blade passage area.

In figure 3 is shown a typical hub-section blade passage. If the approach
direction Aj; 1is at a negative angle of incidence -i, as shown by the
dashed lines, a minimum area ratio will be formed in the inlet region of
the passage which will ultimately result in a premature choking of the
flow as the inlet Mach number is increased. At some positive angle of
incidence +i, however, as illustrated by the solid approach lines, the
approach area A, becomes approximately equal to the passage throat

area, and higher values of inlet Mach number can then be tolerated.

For the rotor tip region, where the solidity is low and the blade-chord
angles are high, however, the previous one-dimensional picture becomes
questionable because of the absence of a well-defined blade passage.

For example, as shown in figure 3 for a typical tip-section configuration,
the minimum flow area may occur outside the blade-passage throat. At

the moment, the determination of design incidence angle in the transonic
range appears to be primarily an experimental problem.

TOTAL-PRESSURE LOSS

The efficiency of a compressor stage at its design condition 1is
determined by the magnitude of the minimum loss of the blade elements
in conjunction with the work input level of the rotor. At first thought,
it would appear that operation at higher levels of inlet Mach number and
pressure ratio would necessarily increase the total-pressure losses across
the blade rows, and therefore would result in lower levels of stage
efficiency. However, it must be kept in mind that efficiency is a func-
tion of both loss and pressure-ratio level; and therefore the success of
the high-performance stage will depend on the relative rates of increase
of loss and work level with increasing Mach number. In general, the
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greater the pressure ratio, the larger the loss may be for the same
efficiency. This consideration is demonstrated in figure 4, which shows
the variation of rotor relative total-pressure loss coefficient with

stage pressure ratio that is allowable in order to maintain a stage
efficiency of 0.90 at rotor-inlet Mach numbers of 0.75 (conventional
subsonic) and 1.1 (transonic). For example, an increase in stage pres-
sure ratio from 1.2 to 1.4 at either Mach number level can be accomplished
without sacrifice in efficiency even if the rotor loss coefficient is
approximately doubled.

The curves of figure 4 also provide some insight into a comparative
evaluation of the design characteristics of subsonic and transonic stages.
At best, the transonic blade element can have a loss coefficient equal to
the loss coefficient of the subsonic blade element. Thus, for the same
loss coefficient, if a transonic stage operating at a rotor-inlet Mach
number of 1.1 is to have the same stage efficiency as a conventional
subsonic stage operating at a rotor-inlet Mach number of 0.75 and pres-
sure ratio of 1.25, it must produce a pressure ratio of at least about
1.4,

The accurate prediction or control of efficiency in axial-flow com-
pressors has been very difficult to achieve because of a general lack of
specific data concerning the various losses occurring in compressor blade
rows. Aside from three-dimensional end effects, the principal factors
contributing to the loss across individual compressor blade elements
are recognized as (1) the relative inlet Mach number (compressibility and
shock losses) and (2) the blade loading (a measure of the strength of
the velocity gradients and therefore the boundary-layer growth on the
blade surfaces).

Mach number. - As indicated in the previous paper, the principal
difficulty with compressibility effects occurs when the surface shock
waves become sufficiently strong to result in a separation of the bound-
ary layer behind the shock. Shock separation is generally indicated by
a relatively sharp increase in loss as Mach number is increased. An
example of a loss against Mach number curve for a conventional 10-
percent-thick 65-series blade section in a two-dimensional cascade and in
several compressor stators and rotors is shown in figure 5. Each symbol
represents a particular tip speed for a particular compressor. A
noticeable limitation is indicated for this blade. In the transonic
compressor, the picture is somewhat complicated by the close relation
between blade loading and inlet Mach number. TFor example, for an
experimentally determined loss value at high rotor relative Mach numbers ,

it is difficult to ascertain the degree to which the high loss is a
result of the shock effects or of the blade loading, since both generally

increase with increasing Mach number. Extensive experimental and analytical

research will be necessary to establish the relations among inlet Mach
number, blade loading, and loss for compressor blade rows.




Blade loading. - In general, at design incidence angle, the vel-
ocity along the suction surface of a compressor blade attains some maxi-
mum value in the inlet region of the blade and then decreases to the
level of the outlet velocity at the trailing edge. Recent studies of
boundary-layer theory have indicated that it is primarily the difference
between the maximum surface velocity and the outlet velocity that con-
trols the growth of the boundary layer on the blade suction surface.

For high values of pressure rise, this velocity difference may become
large and may result in a separation of the boundary layer, a condition
referred to as blade stall.

As a general design procedure, it is:impractical to compute suction-
surface velocities for various blade shapes over wide ranges of design
conditions. In the interest of simplicity, it was desirable to obtain
an approximate blade-loading parameter based on the suction-surface
velocity difference but expressed in terms of the over-all velocities
and geometry of the element.

In isolated-airfoil theory, the measure of blade loading and stall
is given in terms of the well-known lift coefficient. However, the 1ift
coefficient when applied to compressors of high pressure rise has not
been universally successful. For the isolated airfoil, since the out-
let velocity is always equal to the inlet velocity, the suction-surface
velocity difference is generally directly proporticnal to the 1ift
coefficient. TIn the compressor blade row, however, because of the over-
all pressure rise, the outlet velocity is less than the inlet velocity,
and the suction-surface velocity difference is then no longer uniquely
proportional to the 1ift coefficient. It was necessary, therefore, to
develop new loading parameters that are more applicable to compressor
design. One of these parameters; the diffusion factor, has been very
successful in correlating cascade and single-stage compressor losses
(ref. 1). The basis of the development of the diffusion factor is shown
in figure 6. Specifically, the diffusion factor, by means of several
simplifying approximations and assumptions, is an approximate relation
that describes the meximum suction-surface velocity difference of a
typical compressor blade velocity distribution at design incidence angle
with the over-all velocity characteristics and geometry of the blade
element. The symbol o in figure 6 is the solidity of the element
defined as ratio of blade chord to spacing (see fig. 1).

Examples of rotor and stator loss correlations are shown in figure
7. Data for the stator loss correlation were obtained from hub-, tip-,

and mean-radius regions. At the rotor hub-radius and mean-radius regions,

the loss trend is similar to that in the stator. An interesting result
of the analysis was the tip-region loss correlation for the rotors.
Inasmuch as the tip-region losses are primarily the result of blade

end effects (data were obtained at points approximately 12 percent of
the radial passage height away from the rotor tip), it appears that the

a
A
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blade-element loading in this region is related to the strength of the
clearance and end effects. At least as far as the inlet stage is con-
cerned, the rotor tip diffusion factor appears to be the principal
determinant of the efficiency of the stage.

The development of a satisfactory blade-loading parameter, like the
diffusion factor, provides additional uses in the analysis of experimental
data and of desirable velocity diagrams. Compressor test data indicate
an increase in blade-element loss coefficient as inlet Mach number is
increased into the transonic range (see fig. 2). First thought would
be to attribute the poorer performance to shock losses. However, this
may not necessarily be the case, since the blade loading also becomes
greater as Mach number is increased. For example, in figures 8(a), (b),
and (c) are shown the variations of relative inlet Mach number, diffu-
sion factor, and loss coefficient with ingidence angle for the tip
region of a transonic rotor (ref. 2). A plot of loss coefficient
against diffusion factor in the minimum loss range is then shown in
figure 8(d) in comparison with the limits of data obtained for blades
operating below their limiting (high shock loss) Mach numbers shown in
figure 7. Thus the increased loss at the higher Mach number level can
be explained on the basis of the increased diffusion factor. If strong
shock losseg had been present, the data points at the higher speed
levels in figure 8(d) would be expected to be greater in magnitude than
observed.

Velocity diagram analysis. - The use of the blade-element diffusion
factor in velocity diagram analysis is illustrated in the following
calculation. For a conventional constant-work-input, subsonic inlet
stage with inlet guide vanes operating at a specific weight flow of 27
pounds per second per square foot frontal area (0.5 inlet hub-tip ratio)
and a maximum rotor-inlet Mach number of 0.75, a maximum stage pressure
ratio of 1.20 is indicated for a tip diffusion factor of 0.4. This sub-
sonic stage will then appear as shown on the allowable loss curve of
figure 4. For a constant-work-input transonic stage operating at a
rotor tip relative inlet Mach number of 1.1 (no inlet guide vanes) at
the same tip speed and at a specific weight flow of 31 pounds per second
rer square foot frontal area (0.5 inlet hub-tip ratio), a maximum stage
pressure ratio of 1.38 can be obtained for the same rotor tip diffusion
factor of 0.4 and same solidity (also same stator conditions). The
transonic stage is also shown in figure 4. Thus, it is seen from figure
4 that, even if the loss coefficient of the transonic stage is increased
slightly, it is still possible to achieve the same efficiency as the
subsonic stage. Loss coefficients for the transonic rotor not measurably
greater than the loss coefficients of the subsonic rotor are entirely
reasonable, since, in general, the blade loading losses will be about
the same (same diffusion factor) and since recent experimental evidence
seems to indicate that, for properly designed blading, shock losses
remain small for inlet Mach numbers up to about 1.1.
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On the basis of the preceding analysis, a better insight can be
gained into the reasons for the initial success of the transonic inlet
stage. First, with the elimination of the rotation introduced by the
inlet guide vanes, the steep radial gradient of axial velocity at the
rotor outlet, which resulted in a large drop in axial velocity across
the rotor tip, was eliminated. The absence of this large diffusion in
relative velocity across the rotor tip in the transonic rotor then
permitted a much higher change in tangential velocity AVg and there-
fore pressure ratio to be achieved before the limiting diffusion factor
was attained (see equation and velocity diagram of fig. 6). At the same
time, the thinner blades kept the shock losses down and maintained a
comparable level of total loss. The combination of higher pressure ratio
and equivalent loss coefficients then maintained the over-all efficiency
level at the higher Mach numbers. Thus, within limits, the transonic
configuration presents a compressor stage that is inherently capable of
producing at least the same efficiencies as conventional subsonic stages
at higher levels of pressure ratio and flow capacity.

DEVIATION ANGLE

The third problem involves the accurate control over the direction
of the flow leaving the blade element. Flow outlet angles are usually
considered in terms of the deviation angle. As shown in figure 1, the
deviation angle is defined as the difference between the angle of the
air leaving the blade and the angle of the blade trailing edge. Figure 9
illustrates the calculated magnitudes of the differences in pressure
ratio and diffusion factor resulting from a misdesign in rotor-outlet
(deviation) angle for a typical rotor of an inlet stage. Blade elements
that will produce the desired flow conditions must therefore be designed
with great care, particularly in the tip region of the rotor.

The importance of the establishment of good design control in high-
performance compressors was clearly indicated by the performance of early
transonic rotors. TFor the transonic unit shown in figure 9 of the paper
by Johnsen and Bullock, although very good efficiency was obtained, the
values of pressure ratio and weight flow at design spped were different
from the design values. These differences in performance were the result
of a general lack of knowledge of the flow characteristics of transonic
blade elements.

The most accurate source of deviation angle data is direct investiga-
tions of compressors operating in the transonic range. However, data from
rotating units are limited and relatively difficult to obtain. Fortunately,
experiences have indicated that Mach number level has a negligible effect
on the magnitude of the deviation angle as long as the losses are kept low.
Therefore, if attention is restricted to the design incidence-angle setting
(condition of minimum loss), it may be possible to utilize low-speed

L R,
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considerations in predicting deviation angles for transonic application.
In view of the fact that deviation angle varies substantially with blade
camber, solidity, and air inlet angle, the determination of deviation-
angle data at design incidence angle over a wide range of blade con-
figurations is a large undertaking. Accordingly, the possibility of
using potential flow theory in establishing the basic trends of vari-
ation of the deviation angle was investigated.

The use of a circular-arc mean line as s satisfactory camber shape
for transonic application simplifies the problem to a large extent
because of the availability of cascade data and potential theory for
this blade shape. Low-speed deviation-angle data for circular-arc mean
lines can be readily obtained from the theory of reference 3 and, for
a more limited range, from Carter's rule (ref. 4). The theory of ref-
erences 3 and 4 indicates that, at constant solidity, the deviation
angle at design incidence angle will vary very nearly linearly with
camber angle for given values of air inlet angle.

In investigating the applicability of the theoretical variations of
deviation angle, use was made of the extensive low-speed cascade data for
the 65-series blade presented in reference 5. The 65-series mean line is
very close to a circular arc in shape and can be expressed in terms of
an "equivalent" circular arc having the same maximum camber as shown in
figure 10. Examples of the variation of deviation angle at midpoint of
the loss range with camber angle for the data of reference 5 are shown in
figure 11 for a solidity of unity. (The data points for the largest
values of camber at an air inlet angle of 45° and 60° were omitted
because of excessive boundary-layer separation at these conditions.)

The theoretical curves in figure 11 indicated by the solid line were
obtained by applying the theory of reference 3 and displacing the result-
ing values upward by an amount (constant with camber ) necessary to give
the best correlation at each inlet angle. The increase in the theoretically
derived deviation angles is necessary because the theory of reference 3
considers an airfoil of zero thickness, so that, for the uncambered element,
the deviation angle is zero. For blades with finite thickness, however,
potential theory indicates that the deviation angle for the uncambered
airfoil is generally not zero, but is some finite positive quantity which
becomes larger as the solidity and air inlet angle are increased. An
upward displacement of the theoretical values should therefore be expected
for usual circular-arc profiles. Good correlation is thus obtained
when the thickness effect is considered.

These preliminary results suggest the possibility of the use of
potential theory in conjunction with experimentally determined deviation-
angle characteristics of the uncambered or symmetrical profile as a simple
approach to the problem of the establishment of deviation-angle design
data for the compressor. However, further work along these lines is
required, particularly with respect to experimental verification in the
actual compressor, before reliable design data can be presented.




CONCLUDING REMARKS

The preceding discussion has attempted to demonstrate the impor-
tance of accurate and extensive knowledge of the flow characteristics of
individual blade elements in the successful development of high perform-
ance compressors. A detailed knowledge of blade-element flow 1is desir-
able not only for obtaining a better understanding of the actual com-
pressor flow but as a means of developing improved design techniques
and basic loss and deviation-engle data. It is hoped that the problems
discussed and results presented will be of some help to the compressor
designer and also encourage further work 1n the study of compressor
blade-element characteristics.
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APPLICATION OF BLADE ELEMENT DATA TO STAGE DESIGN

By James E. Hatch and Harold B. Finger

INTRODUCTION

Thus far in the discussion of the compressor design and performance
anelysis, the performance of a blade element has been the principal con-
sideration; that is, the turning and loss characteristics of a row of
blades along a given streamline as well as some idea of limits of en-
vironment have been studied. A full blade row, however, is made up of
an infinite number of these blade element sections stacked one on the
other along the radius (fig. 1). Therefore, it becomes necessary to
determine the basic flow relations that must be satisfied to stack these
blade elements properly so that all the elements together will give the
desired blade row performance. The importance of the proper means of
stacking the blade elements is demonstrated by the following examples.

To illustrate this problem, in the design procedure (as has been
done in some cases), the axial flow in the annulus between the rotor
and the casing after the compressor inlet guide vanes is assumed to be
similar to the parabolic-shaped flow obtained in a pipe (fig. 2). The
blade elements at each radial position are then set to operate at a low
logs value of incidence angle. If the velocity distribution behind
these guide vanes is then actually measured, the type of axial velocity
distribution would be that shown (fig. 2). The actual velocity distri-
bution would depend upon the amount and distribution of turning in the
inlet gulde vanes. In terms of the angle of incidence on the blade
elements, this actual velocity distribution would give the results indi-
cated in figure 3. Obviously, the sections are not .operating at the
low loss values of incidence angle intended. Poor performance at the
design point would result from a lack of understanding of & basic law
of nature - that radial distribution of axial velocity depends on the
magnitude and distribution of the turning.

A similar case which requires a complete knowledge of the funda-
mental laws governing the blade element stacking technique is to sup-
Pose that this actual measured velocity distribution at the inlet to
the rotor row is used and the rotor blade elements are set at the proper
angles for this distribution. Then, if the axial velocity distribution
after the blade row is assumed to be the same as that at the inlet of
the blade row (again, as has been done in some design procedures), with
a correction in velocity magnitude determined from the density rise, a
condition exists such as shown in figure 4. If the velocity distribu-
tion after the rotor row is measured, a condition as shown in the fig-
ure actually exists; that is, the axial velocity is lower than the
assumed design value at the tip and is higher at the hub. If a stream-
line is drawn across the rotor row, it is immediately apparent that
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there must be a radial displacement of this streamline inward. There-
fore, in addition to the static-pressure rise resulting across the blade
row from the turning in the given blade element, there is an additional
static-pressure rise at the tip region caused by the action of radial
equilibrium, as indicated by the decreased axial velocity. If the de-~
signer ignored this change in axial velocity distribution, the diffusion
factor discussed by Lieblein might be exceeded and losses over and above
those expected from the original design assumptions would result. In
addition, the following stator row would be poorly matched for the actual
velocity distribution. Therefore, when given the radial distribution of
turning, it becomes important to know how to predict accurately the
resulting velocity distributions before and after each blade row so that
the desired performance can be obtailned.

PREDICTION OF AXTAL VELOCITY DISTRIBUTION

In order to predict the flow distributions between the blade rows
of the axial-flow compressor and to determine the streamlines along
which the blade sections must be stacked, the fundamental flow laws
that govern these flow distributions must be established. The funda-
mental relation is Newton's law, or expressed more explicitly for the
present flow process, the radial component of the Euler equations. It
is apparent that stable flow between blade rows requires that all forces
be in equilibrium. Consider the radial forces on a particle of fluid
in the annular space of an axial-flow compressor (fig. 5). The veloc-
ity of the particle can be broken down into radial, tangential, and
axlal components. Just as for anything moving in a circular path, the
tangential velocity of the particle requires that a force be applied
in the radisl* direction to balance the acceleration force required to
keep the particle moving on its circular path. In the case of solids,
the force is supplied by some internal stress; in the case of the fluild
particle, the force is supplied by a pressure gradient in the radial
direction; that is, static pressure increases toward the tip and the
greater the radius ratio, the greater the pressure difference.

If it is assumed that the centrifugal force due to the tangential
velocity is Just balanced by the pressure force, then the radial dis-
tribution of axial velocity can be computed. For a typical inlet stage
of a multistage compressor, the axial velocity distribution outside
the boundary layer after the first rotor row might then compare with the
measured distribution approximately as shown in figure 6. It 1s appar-
ent that this means of determining the velocity distribution is fairly
accurate for this particular case in the outer portion of the blade
height, but deviates near the hub of the blade. The deviation near
the hub appears to be the result of an additional centrifugal force
term which is indicated in figure 7.
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In addition to the centrifugal force resulting from the tangential
velocity, there is a centrifugal force resulting from the curvature of
the streamlines in the radial-axial plane. It is apparent that there is
a "tangential" velocity associated with the streamline curvature in this
Plane which produces an additional centrifugal force that must be bal-
anced by an additional pressure force in the radial direction. The
proper consideration of this additional centrifugal force which appears
to exist principally in those stages having long blades, as has been
discussed in reference 1, would cause the calculated and measured axial
velocities to agree well over the entire blade height.

The preceding discussion has been related to the application of
the fundamental flow laws to the radial distribution of axial velocity
after a blade row in an inlet stage of the compressor. A marked dif-
ference exists, however, in the rear stages of the axial flow unit where
radius ratio is low. This marked difference is immediately apparent if
the radial distribution of axial velocity in the front stages of the
compressor is compared with the distribution in the rear stages (fig. 8).
In the front stages, the velocities are determined primarily by the
blade design, with only small regions of deviation from the blade design
indicated near the annulus walls in the boundary-layer regions. In the
rear stages with their short blades, however, the flow becomes more
similar to that in a pipe. Here it is apparent that the accumulated
effects of secondary flows and wall boundary layer become a more prom-
inent determinant of the flow distribution than the centrifugal force
term. Therefore, it is to be expected that the loss gradient associated
with these losses may have an appreciable effect on the velocities in
the rear stages of a compressor. This has been found to be the case,
as 1llustrated in figure 9, after a stator blade in the last stage of
a multistage compressor. Indicated in the figure are the velocity dis-
tributions as measured and the velocity distributions as calculated by
considering only the balance of pressure and centrifugal forces result-
ing from the tangential velocity component and assuming that the radial
gradient of loss i1s zero. In figure 10 is shown the velocity distribu-
tion as calculated considering the same balance of pressure and centrif-
ugal forces but including the effect of the loss gradient at this sec-
tilon. It is apparent that the inclusion of the loss term in the steady-
flow energy equation permits accurate prediction of the velocity dis-
tribution in the rear stages of the multistage unit. This has been
verified in an unpublished analysis. Therefore, the ability to design
& compressor accurately requires a knowledge of the blade element losses
and turning angle distribution as well as complete application of the
fundamental flow laws.

So far, consideration has been given only to the region of flow in
the main stream. For a viscous fluid, the measured velocity in the
region near the inner and outer walls decreases rapidly and falls to
zero at the wall. This region of rapid change in velocity is known as
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the boundary layer. The conventional method of accounting for this
phenomenon in the design procedure has been to increase the annulus
area by an amount equal to an estimated boundary-layer displacement
thickness to assure the attainment of design weight flow and to approxi-
mate more nearly design incidence angles on the blade sections in the
portion of flow outside the boundary layer. However, if a great amount
of accuracy is required, recent investigations have shown that if the
change of losses with radius could be evaluated in regions near the
walls, an accurate check between design and measured axial velocity
distributions would be found. Thus, the need for applying an esti-
mated boundary-layer blockage factor could be eliminsted.

CONCLUDING REMARKS

It is evident that if good design control is to be achieved, the
compressor must be designed by taking into account those of the funda-
mental factors upon which the axial velocity distribution is dependent
at all stations in the compressor where experience has indicated this
is required. The radial distribution of axial velocity may be accu-
rately predicted after all blade rows if reliable loss and turning angle
information for each blade section is available.
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SINGLE-STAGE RESULTS AIMED AT SATISFYING SUPERSONIC
ENGINE REQUIREMENTS

By Harold B. Finger and William H. Robbins

INTRODUCTION

It has been stated in the introductory paper that the NACA re-
search program is directed toward reduction in diameter and length
of compressors, while maintaining good efficiency and range charac-
teristics of the unit. Johnson and Bullock indicated the research
approach to be one of increasing air flow per square foot of rotor
frontal area and of decreasing the number of stages required to de-
velop a specified over-all pressure ratio. The previous three papers
have presented design criteria and design procedures that have been
established by research for the transonic cCOompressor.

This paper discusses the results obtained in single-stage com-
pressor investigations in which these Principles have been applied

: ‘o .
in stages satisfying compressor reguirements for the supersonic

engine. 1In addition, it will be shown that these compressors ex-
hibit improvements over conventional subsonic compressor designs

in air-flow and pressure-ratio characteristics which were attained
by the use of transonic stages of reduced hub-tip redius ratios and
reduced blade-chord length.

PERFORMANCE OF ROTOR WITH AND WITHOUT INLET GUIDE VANES

The marked advantages of the high Mach number transonic com-
pressor design over conventional subsonic designs is demonstrated by
a single-stage investigation conducted at the Lewis laboratory (ref. 1).
This investigation demonstrates the "gain all, lose nothing" charac-
teristic of the transonic compressor in achieving the requirements
of the supersonic engine. A stage was designed using circular-arc
airfoil sections in the rotor with inlet guide vanes to give a pre-
whirl to the air in the direction of rotor rotation so as to limit
the Mach number relative to the rotor tip to 0.8. The hub-tip ra-
dilus ratio of this rotor was 0.5. Thus, the rotor incidence angles
were set for a design condition utilizing essentially "wheel-type
rotation” (tangential velocity is proportional to radius) guide
vanes, and the turning or camber of the blade was set to give a
constant work from root to tip of the blade. The rotor design was
flexible in that the rotor-blade-profile shape and rotor-blade
setting angles would accommodate operation both with and with-
out guide vanes. This stage was investigated over a wide range
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of blade speeds and flows both with and without inlet guide vanes in-
stalled. A comparison of the performance of the two resulting stages
is presented in figure 1 in terms of efficlency, pressure ratio, and
air flow per unit frontal area at a blade tip speed of 1000 feet per
second. The data show that the pressure ratio, and the flow per unit
frontal area are increased simultaneously by the removal of the inlet
guide vanes with no loss in peak efficiency.

Removal of the inlet guide vanes caused several of the velocity-
diagram characteristics to change. The inlet axial velocity at the
peak efficiency point at 1000 feet per second was increased, causing
the increase in flow. The Mach number relative to the rotor blade
was increased to 1.1 by virtue of the elimination of prerotation of the
inlet air and the increuse in axial velocity. This increase in Mach
number causes the increase in work done by the stage and, therefore,
in the pressure ratio of the stage. Although the inlet axial and
relative Mach numbers were increased, the tip diffusion factor (which
was discussed by Lieblein and is reported in detail in ref. 2) was
unchanged. Therefore, the loss coefficient remained constant and
the resulting peak efficiencies were essentially unchanged. In
addition to these velocity-diagram factors, removal of the inlet
guide vanes eliminated the losses encountered in the gulde vane
wakes and, of course, the weight and space of the guide vanes.

These results indicate graphically the considerable advantages to
be achieved by elimination of the compressor inlet guide vanes.

PERFORMANCE OF 0.4 HUB-TIP-RADIUS-RATIO TRANSONIC ROTOR

By the simple expedient of using circular-arc blade sections with
suitable thickness distribution operating without prewhirl at increased
Mach numbers, it has been shown how the flow per square foot frontal
area can be increased from the conventional values in the range of
25 pounds per second to approximately 31 pounds and, at the same time,
appreciably increase stage pressure ratio. Further increases in flow
per unit frontal area can be attained by reducing the ratio of hub
and tip diameters of the compressor. In order to determine the
effect on performance of such a reduction in hub-tip ratio and to
determine the validity of the design techniques, a rotor was designed
having & 0.4 hub-tip ratio, using circular-arc blade sections (ref. 3).
The design rotor tip relative Mach number was 1.1 and the design tip
diffusion factor was 0.35, which are within the limiting values indi-
cated by Lieblein. These values are not limits but rather values
commensurate with good stage performance.

The over-all performance of this compressor rotor is presented

in figure 2 as curves of total-pressure ratio, efficiency, and flow
per unit frontal area. In general, the performance was excellent
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over the entire range of flows and speeds investigated. An efficiency
of approximately 90 percent is indicated at the design speed at a flow
of approximately 34 pounds per square foot of rotor frontal area and
& pressure ratio of 1.36. .

The design pressure ratio was limited by imposed restrictions.of
rotor speed and that the work done be constant radially and with con-
sideration of the performance of the following blade rows. For ex-
ample, large alr turning angles at the rotor hub could require that
the hub of the following stator, which is generally critical, operate
at higher Mach numbers and possibly higher turnings. An increased
pressure ratio would be possible by application of an energy gradient
design. This was actually done in the first transonic stage (ref. 4)
tested at the Lewis laboratory. Camparison of ite performance with
the performance shown in figure 2 indicate that the designer has con-
siderable freedom in choosing his design enetgy input conditions.

Thus, it appears that no new aerodynamic limitations (other than
those previously discussed) are encountered in reducing hub-tip ra-
dius ratio with a view toward obtalning smaller compressors for a
glven required mass flow.

EFFECT OF REDUCTION IN CHORD LENGTH ON PERFORMANCE

In addition to reducing compressor and, therefore, engine weight
by reduction in compressor diameter for a glven weight flow, reduction
in campressor length by an increase in stage pressure ratio is another
means of satlsfying the low engine weight requirements of supersonic
turbojet engines. The high Mach number designs discussed give stage
pressure ratios appreciably higher than those obtained in conventional
subsonic designs. However, the first transonic stage built at the
Lewls laboratory had a chord length approximately twice as long as
would be required of a conventional subsonic design of the same blade
length. Thus, even though the pressure ratio of the first transonic
stage (ref. 4) may be equivalent to that of two subsonic stages, the
welght of the one transonic stage might not be any less than that of
the two subsonic stages. Thus reduction in chord length of the tran-
sonic compressor is essential.

The effect on aerodynemic performance of reducing chord is indi-
cated by consideration of figure 3. For the same solidity, the short-
chord design introduces a more pronounced hub curvature (and thus a
greater problem in satisfying the radial equilibrium conditions dis-
cussed in the previous paper) and also causes a more severe velocity
gradient on the suction surface of the blade, indicating the possi-
bility of a more severe blade stalling and boundary-separation prob-
lem. 1In view of the fact that the diffusion factor, which attempts
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to evaluate the blade suction-surface velocity difference on the basis
of over-all velocity considerations, does not include the chord-length
term as such, it 1s necessary to evaluate the importance of this param-
eter for the range of chord lengths which might be of practical use in
an engine compressor. In addition, of course, the effect of Reynolds
number is accentuated by chord reduction. :

In an attempt to satisfy the requirements of minimum engine welght
by utilizing a high stage pressure ratio rotor and short chord blades,
a8 rotor was designed for a stage pressure ratio of 1.35 with chord
length and aspect ratio compatible with those in use 1in conventional
subsonic compressors. A photograph of the rotor is shown in figure 4.
The performance of this compressor is presented in figure 5. At an
air-flow rate of 30 pounds per second per square foot of frontal area,
a pressure ratio of 1.33 was obtained at an efficiency of 0.90. In
addition, a wide flow range at good efficiency is obtained at the
lower speed of 800 feet per second.

In further emphasizing the effect of reduced chord lengths, the
performance of three transonic rotor designs all designed for a pres-
sure ratio of 1.35 can be compared. A diasgrammatic sketch of these
three designs is presented in figure 6 for the speeds at which a tip
relative Mach number of 1.1 was obtained. These designs are not im-
mediately comparable because of differences in hub-tip ratio or flow
per unit frontal area, but the performance of these designs serves to
emphasize the possible latitude in chord-length selection. The vari-
ation in attainable efficiencies is small. In general, it therefore
appears that, at least aerodynamically, the chord length of the tran-
sonic compressor can be reduced appreciably to values associated with
conventional subsonic compressors without encountering any detrimental
effects. Any new problems introduced by reduction in chord will prob-
ably be mechanical ones, associated with blade stresses and vibrations.

CONCLUDING REMARKS

Several important resulis have been obtained in the transonic
compressor research program. Inlet gulde vanes can be eliminated
from axial-flow compressors and the weight therefore reduced with
resultant gains in both air flow per unit frontal area and pressure
ratio and no loss in efficiency. In addition, the ratio of hub to
tip diameters may be decreased, resulting in increased air flow per
unit frontal area with no detrimental effects on pressure ratio and
efficiency. It has been further demonstrated that it is possible to
reduce transonic blade chords (and thus compressor weight) to those
lengths associated with conventional subsonic stages.

JP—
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INVESTIGATION OF A MULTISTAGE COMPRESSOR
EMPLOYING TRANSONIC INLET STAGES

By Charles H. Voit and Richard P. Geye

INTRODUCTION

Previous papers have discussed the development and performance of
single-stage transonic compressors. For a given loading limit, a higher
level of pressure ratio can be obtained in a transonic stage than in a
subsonic stage, without sacrifice in efficiency or range of operation,
particularly at lower speeds. In addition, this type of stage permits
higher air-flow-handling capacity, because the axial Mach number (as
well as the rotational speed) can be increased above that permitted in
subsonic stages. These factors suggest the use of the transonic stage

.for the inlet stages of a multistage compressor, in order to increase

the air-flow-handling capacity and the rotational speed, and thus to
permit higher pressure ratios in the entrance as well as in the subsequent
stages.

The use of transonic stages in a multistage compressor appeared
highly desirable, but it was necessary to discover whether they would
maintain good performance when staged or whether some unrecognized
characteristic would cause difficulties. In order to obtain an
immediate answer to these questions, an existing subsonic multistage
design was modified by replacing the first two stages of the subsonic
design with transonic stages. A photograph of this compressor is shown
in figure 1. In the design of these inlet stages it was necessary that
all design equivalent velocities and flow angles leaving the second
transonic stage be identical with those leaving the original second sub-
sonic stage. Because the pressure and temperature rises across the tran-
sonic stages were higher than for the subsonic stages, it was possible to
increase the equivalent weight flow and equivalent tip speed of the modi-
fied compressor. High blade loadings were used in the subsonic stages
as well as in the transonic stages, which, combined with the high rota-
tional speed, resulted in a compressor design having a high average stage
Pressure ratio.

The blade sections used for the transonic rotor blades were double
circular arc, which varied in camber and maximum thickness from hub to
tip. A1l blading for the subsonic stages and the stators of the tran-
sonic stages used conventional sections. Additional design details of
this compressor are given in reference 1.
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OVER-ALL PERFORMANCE

The performance of this eight-stage compressor is shown in figures
2 and 3. Figure 2 presents curves of over-all total-pressure ratio against

air flow per unit frontal area for rotational speeds from 30 to 100
percent of design speed. Figure 3 presents the corresponding adiabatic-
efficiency curves. This compressor achieved a relatively high weight
flow, approximately 30 pounds per square foot of frontal area, and a
high over-all pressure ratio of approximately 10. This pressure ratio
corresponds to an average stage pressure ratio of 1.332. The peak
efficiency obtained (fig. 3) was approximately 0.88, which was obtained
between 80 and 90 percent of design speed. The peak efficiency at part speed
did not drop off sharply but remained at a reasonably high level as
contrasted with the sharp reduction in efficiency of a conventional sub-
sonic compressor at these low speeds. The region of high efficiency at
a given speed, as shown by the efficiency contours of figure 4, covered
a wide range of pressure ratio and extended into the low-speed operating
range.

e T A

Also shown on figure 4 is a calculated engine operating line which
indicates that there is some range between the operating line and the
peak pressure ratio at all speeds and that acceleration problems could
therefore be expected to be reduced. The operating line passes through
the regions of high efficiency, and efficient operation could be expected
even at part speed.

As previously mentioned, good efficiency at part speed is especlally
desirable in compressors for supersonic-flight application, because the
compressor equivalent speed at supersonic flight is some fraction of the
sea-level compressor speed. This compressor, which has high efficiency
over a wide range of speeds, appears to be well-adapted to supersonic-
flight application.

A comparison between a conventional engine and an advanced jet
_engine using a compressor employing transonic stages is presented in
figure 5. These engines were designed for the same air flow and com-
pressor pressure ratio. The conventional engine requires a l6-stage
compressor to produce the required pressure ratio as compared with the
eight-stages necessary for the transonic compressor. Also, the com-
pressor diameter of the conventional engine is larger than the advanced
engine because of the higher air-flow-~handling capacity of the transonic
compressor. The conventional engine requires bleed over some part of its
operating range in order to accelerate satisfactorily, while the engine
with the transonic compressor would require little, if any, bleed. The
higher rotational speed of the transonlc compressor permits the power
required to drive the compressor to be obtained with a two-stage turbine
as compared with three stages in the conventional engine. Because of
the decrease in diameter and length of the advanced engine, compared
with the conventional engine, it is likely a reduction in weight could

be achieved.
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CONCLUSION

The performance of this research compressor indicates that transonic
stages can successfully be incorporated into multistage compressors and
that they maintain the desirable characteristics indicated by single-
stage test. By the use of transonic stages in multistage machines, the
level of air-flow-handling capacity and stage pressure ratio can be
raised while good efficiency is maintained over an increased operating
range. Thus, the development of transonic stages and the use of high
blade loadings can be expected to result in a significant decrease in
compressor size and weight.
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INVESTIGATION OF MULTISTAGE COMPRESSOR
HAVING ALL STAGES OF TRANSONIC TYPE

BY Karl Kovach and Donald M. Sandercock

INTRODUCTION

As stated in the paper by Johnsen and Bullock, the requirements of
efficient aircraft propulsion indicate the desirability of operating
lightweight, compact turbojet engines that are highly efficient over
wide ranges of operation. For current turbojet engines incorporating
the multistage axial-flow compressor, reductions in compressor size and
weight can be effected by increasing stage pressure ratio (reducing the
number of stages required to produce the desired pressure ratio) and
increasing mass flow per unit frontal area.

*

Previous papers have shown that axial-flow compressor rotors and
stages of high efficiency, high pressure ratio, and high specific mass
flow can be obtained by designing for operation in the transonic region
of rotor relative inlet Mach numbers. Stator-outlet conditions and
general stage performance appeared satisfactory for purposes of multi-
staging with current stage designs. The paper by Voit and Geye showed
that excellent results can be obtained when the transonic rotérs are
used in inlet stages of a multistage compressor. It was also speculated
that transonic operation need not be restricted to the inlet stages.
Further increases in average stage pressure ratio might be obtained if
all of the stages of a multistage compressor were designed to operate at
higher levels of relative inlet Mach number. In order to maintain high
relative inlet Mach numbers in succeeding rotor rows without markedly
increasing the axial velocity across the stage, it is necessary to estab-
lish substantially axial flow at the entrance to each of the transonic
rotors. For high-pressure-ratio rotors, this would require stators that
turn the air through much greater angles than those of compressors
Previously discussed. An investigation was therefore conducted td deter-
mine the feasibility of using turning in stators that is sufficiently
high to turn the flow leaving high-pressure transonic rotors to the axial
direction.

SINGLE~STAGE TRANSONIC COMPRESSOR WITH HIGH STATOR TURNING

It was believed that high air-turning in stator blades could be
satisfactorily accomplished if the limits of blading-design criteria

 previously discussed were respected. On this basis, a set of simple

blades with circular-arc pressure and suction surfaces and no radial
twist were designed and tested.
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Figure 1(a) shows the over-all performance characteristics of a
stage consisting of the transonic rotor of reference 1 and the high-turning
stator blades. The stator blades for this configuration were required to
turn the air through an angle of approximately 40°. The corresponding
relative inlet Mach number at the tip of a succeeding rotor would be
approximately unity. Shown for comparison in figure 1(b) are the over-all
performance characteristics of the transonic stage of reference 1 shown
as plots of pressure ratio and efficlency against air flow per unit
frontal area. A comparison of these figures indicates that there was a
slight efficiency loss for the high-turning stator stage as a result of
improper blade-setting angles. Calculations indicate that no loss in
efficiency would have occurred if proper design control had been
exercised.

MULTISTAGE COMPRESSOR

The results of the investigation of high stator turning indicate
that a transonic inlet stage could be successfully designed for operation
with succeeding stages of high Mach number level without any sacrifice
in performance. On the basis of these results, a five-stage axial-flow
compressor was designed and constructed with all stages operating in the
transonic region of rotor relative inlet Mach number. The compressor
was designed and operated as a component of an existing turbojet engine,
and, therefore, some of the geometry was already specified. The compres-
sor had a hub-tip radius ratio of 0.5 and was designed to produce an
over-all total-pressure ratic of 5.0 (corresponding to an average total-
pressure ratio of 1.38 per stage). It was pointed out in the paper by
Johnsen and Bullock that the ability of a compressor to produce a high
pressure ratio in a single stage.is a function of the rotational speed
and the blade loading and that its ability to handle high air flows per
unit frontal area is a function of axial Mach number and hub-tip radius
ratio. TFor this compressor design, the tip speed of 1100 feet per second,
which was essentially fixed by the mechanical limits imposed by the
existing turbine, was sufficient to produce a tip relative inlet Mach
number of 1.18 without guide vanes for an inlet axial Mach number of 0.60.
The design values of tip relative inlet Mach number for the succeeding
rotors are 1.12, 1.03, 0.96, and 0.90.

The blade sections used for each blade row had a circular-arc mean
line. Each rotor row also had circular-arc pressure and suction surfaces,
as did the first two stator blade rows; but the last three stators deviated
from these surfaces slightly. The blade thickness distribution was
chosen from considerations of both strength and Mach number. In general,
all the design ideas and limits previously discussed (diffusion factor
and incidence and deviation angles) were incorporated in this design.

[}
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Figure 2 is a photograph of the five-stage transonic compressor
installed as a component of the turbojet engine. The pressure-ratio
characteristics of the five-stage compressor are shown in figure 3.

This figure is the conventional plot of over-all total-pressure ratio
against specific air flow in pounds per second per square foot of frontal
area. Performance is shown for a range of equivalent speeds from 40 to
100 percent of design speed. The maximum total-pressure ratio obtained

at design speed was 5.07, obtained at a specific air flow of approximately
32 pounds per second per square foot of frontal area.

“ Figure 4 is a plot of the efficlency characteristics of the compres-
sor against specific mass flow for the same range of equivalent speeds.
The peak-efficiency line shows a wide speed range of high efficiency.

A maximum peak efficiency of approximately 0.88 was obtained at an
equivalent speed of about 90 percent of design.

CONCLUSIONS

From the material presented, the following conclusions can be made:

1. By proper design countrol, a stage can be designed to
high Mach numbers in succeeding stages without any sacrifice 1
performance.

:
provide
n

2. This type of compressor can be successfully staged to give good
over-all performance characteristics.
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INTRODUCTION TO TURBINE AERODYNAMICS
By Robert E. English and John J. Rebeske

INTRODUCTION

The aerodynamic design of a turbine should be such that the turbine
has both high design-point efficiency and operational flexibility (ability
to operate over a required range of operating conditions with good effi-
clency) in combination with geometrical proportions that permit designing
for certain other desirable characteristics; examples of these other
characteristics are low weight, small size, and low centrifugal stress.
One turbine design obviously cannot excel in all of these characteristics.
For example, low weight and small size are frequently obtained at the
expense of turbine efficiency or operational flexibility; whereas, in
another application, high efficiency and operational flexibility are
ewphasized at the expense of weight and size. A design of a turbine
for use in a turbojet engine is a good one if these characteristics are
SO0 compromised that a good engine is obtained. A particular combination
of these characteristics that results in a good turbine design for one
class of turbojet engine will very likely not be best for another.

Turbine aerodynamics includes the study of flow processes and loss
mechanisms within turbines in order to improve turbine aerodynamic
performance and to establish limits for good turbine design. Two topics
in this field, secondary flow and Mach number limits on design, will be
treated in subsequent papers.

On the other hand, an adequate study of turbine aerodynamics must
extend beyond an investigation of flow phenomena within turbines. Tt
must also relate turbine aerodynamic design to the principal factors
affecting engine performance. Examples of such factors are compressor
pressure ratio, air flow per unit frontal area, blade-tip speed, and
centrifugal stress in the turbine rotor blades. One purpose of this
paper 1is, therefore, to describe those factors that 1imit turbine
aerodynamic design and then to relate those design limits to the prin-
cipal factors affecting engine design-point performance. A second pur-
pose is to illustrate how turbine stator adjustment can provide engine
operational flexibility and to show how the use of turbine stator ad-
Justment affects the turbine design requirements. Two subsequent papers

t paper
treat how turbine stator adjustment affects turbine and engine performance.

=




TURBINE DESIGN CHARACTERISTICS
Aerodynamic Factors Limiting Turbine Design

The principal factors limiting turbine aerodynamic design can be
explained in terms of the turbine velocity diagrams. By velocity dia-
grams is meant the radial distribution of velocity in the interblade-
row spaces such as the axial clearance space between the stator and rotor
blade rows in a turbine (see fig. 1).

Turbine work E is expressed in terms of velocity-diagram variables
in the Euler work equation as

u(v

u,4 - v

gJ

E = u,S)

For a given blade speed U, high turbine work is obtained by having a
high value of rotor-inlet tangential velocity V and a large negative
= - u,4
value of rotor-outlet tangential velocity V, 5.
J

Increasing rotor-inlet tangential velocity Vu 4 corresponds to

rising rotor-inlet relative Mach number. By placiné a limit on rotor-
inlet relative Mach number, the value of rotor-inlet tangential velocity
is thereby limited also. Within a specified limit on rotor-inlet Mach
number, larger values of tangential velocity Vu,4 are obtained if the

axial velocity is decreased. Decreased axial velocity and increased
tangential velocity correspond to higher turning angle in the rotor, a
factor that is limited in turbine design. Another condition that limits
the rotor-inlet tangential velocity is that the velocity relative to

the rotor is not ordinarily permitted to decrease across the rotor. The
rotor-inlet tangential velocity is thus restricted by limits placed on
rotor-inlet Mach number, rotor turning angle, and change in relative
velocity across the rotor.

The rotor-inlet relative velocity W, can be expressed as

4
W, = V2+(V - U)
4 X,4 u,4

The centrifugal force caused by the gas rotating about the turbine axis
results in a low static pressure at the rotor-hub radius and thus a high
gas velocity at the rotor hub. For conventional turbine design, the

axial velocity Vy 4 1is constant along the radius. The tangential veloc-
ity Vu,4 is thus highest at the hub radius. On the other hand, the
blade speed U 1is lowest at the hub radius. The result of these trends
is that the rotor-inlet relative velocity W, 1is highest at the hub
radius. For this reason, the rotor hub is most critical with respect to
rotor-inlet Mach number, turning angle, and change in relative velocity
across the rotor.

2
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At the exit from a turbine, the tangential velocity Vu 5 1is lim-

ited in order to avoid large losses in kinetic energy Vﬁ 5/2gJ an
energy which is usually not recovered. The kinetic energy Vx 5/2gJ

does not limit the exit axial velocity, because this energy is usually
considered to be useful in propelling the aircraft and is therefore not
charged against the turbine as a loss. The desirable range of exit ax-
ial velocity is limited, instead, by a condition called "limiting blade
loading." The effect of limiting blade loading on turbine operation is
1llustrated in figure 2. For a turbine operated at constant rotational
speed, the turbine torque rose as the pressure ratio was increased, and
then reached a maximum, limiting value. A further rise in pressure
ratio resulted in no further rise in turbine torque, because the loading,
or lift, on the rotor blades had reached the maximum value obtainable;
hence the name "limiting blade loading."

The blade loading has been shown to reach the limiting value if the
turbine-exit axial Mach number is approximately 0.70. The reason for
this limiting value of 0.70 can be explained by considering the flow
conditions at the trailing edges of the blade profiles in figure 2.

The dashed lines represent the shock pattern at the exit from a blade
row operating at limiting blade loading. Along the solid line joining
the trailing edges, the axial component of velocity is equal to local
sonic speed, and thus the annulus is choked at this station. Because at
this station a portion of the annulus is blocked by trailing edges and
boundary layer on the blade surfaces, a somewhat lower value of axial
Mach number is obtained downstream of the blade row where the whole
annulus is available as flow area.

Conservative and High-Output Turbine Characteristics

For conservative turbine design, the rotor-inlet relative Mach
number is usually limited to 0.6 and the exit axial Mach number to 0.5.
Such a turbine stage will have a design-point efficiency of about 0.89.
A study of several turbine designs has shown that the work factor
gJE/Uh of such & conservatively designed one-stage turbine is about

A high-output turbine exceeds these design limits. The rotor-iniet
Mach number is limited to 0.8. The exit axial Mach number is permitted
to rise to 0.7, the value for limiting blade loading. A turbine effi-
ciency of 0.86 is typical, although 0.87 has been obtained from such a
turbine design. The work factor gJE/ h for such a one-stage turbine
is about 2.5.

The work output of a two-stage turbine can generally be higher than

twice the work that can be obtained from a one-stage turbine. The rea-
son for this is that at the exit from the first stage, the rotor-outlet
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tangential velocity can be made a large negative number without seriously
increasing turbine losses. The kinetic energy contained in the tangential
component of velocity is not discarded in this case but is part of the
energy supplied to the second stage. For this reason, the work capacity
of a two-stage turbine is about three times that of a one-stage turbine.
Mach number and rotor turning angle limit the work output of the first
stage of such a turbine. Only very small increases in turbine-work
capacity result from raising the turning angle above the typical limit

of 120°.

Increases in turbine efficiency above the values mentioned here
will require an improved knowledge of the nature of turbine losses.
Flow measurements within a particular turbine have shown that, of the
losses occurring within the rotor blade row, the profile losses account
for about 30 percent. The remaining 70 percent of the rotor loss occurs
near the blade ends. Because the principal turbine losses are associated
with the blade ends, significant gains in turbine efficiency are depend-
ent upon the understanding and subsequent reduction of the losses asso-
ciated with these blade ends.

In addition to turbine efficiency, turbine aerodynamic characteris-
tics can be classified grossly into work capacity and flow capacity.
Factors other than aerodynamic variables affect the work and flow capac-
ity. An examination of Euler's work equation shows that high work
capacity can be obtained by means of high blade speed. This high capac-
ity for work from a turbine stage is desirable, because the number of
turbine stages is therby kept low. High blade speed has the undesirable
effect of raising centrifugal stresses in the rotor blades and thereby
affecting turbine weight as well.

High flow capacity results from use of high values of exit axial
Mach number and low values of hub-tip radius ratio. On the other hand,
use of high values of exit axial Mach number restricts the turbine oper-
ational flexibility, and low values of hub-tip radius ratio correspond
to high values of centrifugal stress in the turbine rotor blades. It
is thus apparent that the efficiency, size, weight, centrifugal stress,
and operational flexibility of a turbine are interrelated factors.
There 1s, thus, a need to relate turbine design variables to attain-
able engine characteristics such as compressor pressure ratio, engine
air flow per unit frontal area, blade-tip speed, and centrifugal stress
in the turbine rotor blades.

ATTAINABLE ENGINE DESIGN-POINT CHARACTERISTICS
High-Output One-Stage Turbines At Sea Level

For engines that have high-output one-stage turbines, the design-
point performance attainable during static operation at sea level is
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shown on the left in figure 3. The turbine rotor-inlet Mach number was
limited to 0.8 and the exit axial Mach number to 0.7. The turbine-
inlet temperature was considered to be four times the compressor-inlet
temperature, or 2074° R (1614° F). Figure 3 shows that at a compressor
pressure ratio of 4.5 and with a turbine-tip speed of 1100 feet per
second, the maximum compressor air flow the turbine can pass is 19
pounds per second for each square foot of turbine-tip frontal area;

the corresponding turbine hub-tip radius ratio is about 0.78. Use of
lower hub-tip radius ratio and higher blade-tip speed increases the
air-handling capacity and tolerable compressor pressure ratio. Unless
very high values of compressor blade-tip speed can be obtained or the
turbine diameter increased over that of the compressor, the one-stage
turbine limits air flow and compressor pressure ratio to values too
low for satisfactory operation of low Mach number airplanes.

Conservative Two-Stage Turbines at Sea Level

For engines that have conservative two-stage turbines, the engine
design-point performance attainable during static sea-level operation
is presented on the right in figure 3. The blade-row inlet Mach number
was limited tc 0.6 and the turbine-exit axial Mach number to 0.5. Again,
the turbine-inlet temperature is 2074° R (1614O F). For a turbine-tip
speed of 1100 feet per second and a hub-tip radius ratio of 0.5 at the
exit from the second turbine stage, such a conservatively designed
turbine is capable of driving a compressor having a pressure ratio of
7.0 and passing an air flow 34.5 pounds per second for each square foot
of turbine-tip frontal area. For an air flow of 30.0 pounds per second
per square foot and a turbine blade-tip speed of 1100 feet per second, a
conservative turbine is capable of driving a compressor having a pres-
sure ratio of 10.8. It appears from these numbers that, for subsonic
flight, two-stage turbines of comparatively conservative design are
capable of driving one-spool compressors having both high air flow per
unit frontal area and high pressure ratio.

Flow Capacity of Turbines at Flight Mach Number of 2.8

For flight at a Mach number of 2.8 in the stratosphere, the ram
temperature is 1008° R (548° F). The turbine-inlet temperature is
assumed to be three times the compressor-inlet temperature, or 3024° R
(2564° F). TFor this engine temperature ratio of 3 and a hub-tip radius
ratio of 0.5 at the turbine exit, figure 4 presents the variation in
compressor welght flow per unit of turbine-tip frontal area with com-
pressor pressure ratio for exit axial Mach numbers of 0.5 and 0.7. The
weight-flow variation depends on the turbine-exit axial Mach number,
hub-tip radius ratio at the turbine exit, and the thermodynamic cycle
calculation, and is independent of the turbine blade-tip speed, number
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of turbine stages, or blade-row entrance Mach number. These curves
show that air flows comparable to those of the best compressors are
obtainable with a hub-tip radius ratio of 0.5, if the turbine-exit

axial Mach number is increased to a value near 0.7.

High-Output Two-Stage Turbine at Flight Mach Number of 2.8

If two-stage turbines have exit axial Mach numbers of 0.7 and
rotor-inlet Mach numbers of 0.8, the engine performance presented on
the right in figure 5 can then be obtained. If the turbine-tip speed 1is
1400 feet per second, an air flow per unit of turbine-tip frontal area
of 34.7 pounds per second per square foot and a compressor pressure
ratio of 7.2 are tolerable design conditions. The mass-flow capabil-
jties of a two-stage turbine thus seem to be very good, and the corre-
sponding compressor pressure ratios appear to be even higher than
required. However, a two-stage turbine operating with an inlet temper-
ature of 3024° R (2564° F) will undoubtedly have blade cooling, and the
mechanical aspects of cooling the two stages may be quite complicated.

High-Output One-Stage Turbines at Flight Mach Number of 2.8

Because the compressor pressure ratio attainable with two-stage
turbines is higher than required and because of the blade-cooling
complication, it appears that one-stage turbines may prove more satis-
factory for use at high flight speeds. The performance attainable
with high-output one-stage turbines is shown on the left of figure
5 for a turbine-inlet temperature of 3024° R (2564o F) at a flight Mach
number of 2.8. At a turbine blade-tip speed of 1600 feet per second
and a compressor pressure ratio of 3, the turbine can pass an air flow
of 26 pounds per second for each square foot of turbine-tip frontal
area.

One question that arises concerning operation at such high blade-
tip speed is whether or not the centrifugal stress is within tolerable
limits. As an aid in judging the stress level, lines of constant
centrifugal stress in the turbine rotor blades are superimposed on the
plot of figure 5 and presented in figure 6. The value of stress of
60,000 pounds per square inch is near the maximum value of stress
that it currently appears cooled turbine blades might be developed to
withstand. Attainment of an air flow of 26 pounds per second for each
square foot of turbine-tip frontal area and a compressor pressure ratio
of 3 requires a centrifugal stress slightly greater than even 60,000
pounds per square inch. If the centrifugalestress is reduced to
50,000 pounds per square inch, the air flow is also reduced to 23.7
pounds per second per square foot of turbine-tip frontal area at a
compressor pressure ratio of 3.

g-8Les



L 3

3078~3

— 7
Effect of Ralsing Turbine Design Limits on Attainable Engine Performance

The effect of changing turbine design limits is illustrated in
figure 7. The two curves have the same centrifugal stress of 50,000
pounds per square inch. The lower curve, for a conventional high-
output turbine, is reproduced from figure 6. The higher curve shows
the change in engine performance to be obtained by raising the turbine
rotor-inlet Mach number from 0.8 to 1.0 and removing the limit of no
deceleration across the rotor hub. The rise in air flow per unit
turbine-tip frontal area is approximately 10 percent. At the low-
pressure-ratio, high-flow end of the Mach 1.0 curve, the flow deceler-
ates across the hub of the rotor. At a compressor pressure ratio of
2.3, the velocity relative to the rotor decreases 18 percent from
entrance to exit, the decrease being less at higher values of compressor
pressure ratio.

In general, turbines operating at rotor-inlet Mach numbers as high
as 1.0 and, in particular, in combination with a static-pressure rise
across the rotor, have had low turbine efficiency. On the other hand,
the gains to be realized by being able to design for efficient opera-
tion in this range are considerable. Impellers of centrifugal compres-
sors have for come time been operated efficiently with inlet conditions
such as these, and, more recently, the same is true of transonic
compressors. The sensitivity of turbine losses to variations in angle
of attack at high rotor-inlet Mach number requires more careful design
than is usually necessary. Rather than using only interblade-row veloc-
ity diagrams based on simplified radial equilibrium, the first step in
refinement of design techniques appears to be the assumption of axial
symmetry; in this way, the axial variations in radial position of the
streamlines will be determined in a rational manner. For most effec-
tive design, such potential-flow techniques must also be combined
with knowledge of viscous effects at the blade ends.

TURBINE STATCR ADJUSTMENT

As has been pointed out previously, turbine stator adjustments may
be used to add flexibility to engine operation. For example, consider
an engine designed for the following conditions: flight Mach number in
stratosphere, 2.8; compressor pressure ratio, 4.0; engine temperature
ratio, 3.0. This engine temperature ratio of 3 corresponds to a
turbine-inlet temperature of 3024° R (2564° F) during flight at a Mach
number of 2.8. If an engine having a fixed turbine stator is operated
during take-off at sea level in such a way that the compressor operating
point is the same as for flight (constant equivalent rotational speed
and constant compressor pressure ratio), a constant engine temperature
ratio is required, and the compressor and turbine operating conditions
are essentlally the same as the altitude design values. However, an
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engine temperature ratio of 3 during take-off at sea level results in a
turbine-inlet temperature of only 1555° R (1095° F). The take-off thrust
obtainable with this low value of turbine-inlet temperature would be
correspondingly low.

One way in which this take-off thrust might be increased is by
employing turbine stator adjustment and raising the turbine-inlet temper-
ature to the rated value of 3024° R (25640 F). Turbine stator adjustment
might conceivably be employed to keep the compressor operating at its
design values of equivalent rotational speed and pressure ratio; in this
way, the compressor would continue to operate efficiently. Simultane-
ously the take-off thrust would be increased, as shown in figure 8, by
98 percent. On the other hand, the range of operating conditions
imposed on the turbine must be examined in order to determine whether
the turbine is capable of fulfilling the requirements imposed by this
range of turbine stator adjustment.
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Turbine-Inlet Equivalent Weight Flow

The required increase in turbine-inlet eguivalent flow ratio with
rising turbine-inlet temperature is presented in figure 9. With a
turbine-inlet temperature for take-off at 1555° R (1095° F) the turbine-
inlet equivalent weight flow is the design value. Raising the turbine-
inlet temperature increases the turbine-inlet equivalent flow until, at
a temperature of 3024° R (2564° F), the turbine-inlet equivalent flow is
39 percent greater than the design value. Achieving a variation in
turbine-inlet equivalent flow of this magnitude is a serious problem
in turbines designed to operate with adjustable stators.

Experimental results from operation of a two-stage turbine with an
adjustable first-stage stator are presented in figure 10 (ref. 1). In
this investigation, the actual turbine stator area was increased by
45 percent. The observed variation in equivalent weight flow at the
turbine inlet is shown to be only 10 percent for this 45-percent rise
in turbine stator area. This limitation on turbine equivalent flow
has previously been attributed to choking downstream of the turbine
stator.

The problem of variation in turbine-inlet equivalent welght flow
by means of stator adjustment has been investigated analytically by
assuming constant loss in the turbine (ref. 2). For an adjustable turbine
stator followed by a choked turbine rotor, the turbine-inlet equivalent
weight flow was found to be capable of wide variations. In one case,
the turbine-inlet equivalent weight flow was increased by 70 percent, of
which 20 percent was in the region of stator choking and the remaining
50 percent with the stator unchoked. The limit on turbine equivalent
weight flow therefore appears to depend more on the manner in which the
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turbine losses vary than on choking downstream of the turbine stator.

An analysis of the variation in the rotor-entrance flow direction has
shown that this variation in rotor-